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AT HIGH ANGLES OF ATTACK AND SUPERSONIC SPEEDS

By Elliott D. Katzen and Williem C. Pitts

INTRODUCTION

Meximum losds on present-dasy airplanes have generslly been reached
at high speed and high dynamic pressures at relatively low altitudes and
low angles of attack. For aircraft which are required to maneuver rapidly
at extreme sltitudes, maximum loads are reached at high angles of attack.
For the Mach numbers considered in present designs, loads informetion i1s
necessery for. both flight conditions. To provide the required informa-
tion, extensive research programs have been undertaken (ref. 1, 2, and 3).
In figure 1, the scope of the investigations is outlined. Data were
obtained through the Mach number range from 1.45 to 3.36, which covers
the current range in design for airplanes and missiles. The angle-of-
attack range of the tests was 0° to h5°. The wing sweepback angles
veried from 0° to 85°. In addition to wings alone, wing-body combinations
were also studied.

The data obtained illustrate many nonlinear effects which meke
accurate prediction of loads difficult. These nonlinear effects on loads
are usually, but not alweys, alleviating. They occur at low, as well
as at high, angles of attack. The purpose of the present paper 1s to
summerize these nonlinear effects and to indicate where departures from
linesrity and linear-theory predictions become Iimportant.

RESULTS AND DISCUSSION
Wings

Departures from the predictions of linear theory, for & thin wing,
depend on sweep angle, Mach number, and angle of attack. For moderate
sweep, moderate supersonic Mach numbers, and low angles of attack,
linear theory is expected to give adequate asnswers. An example of such
a case will be presented; then, typical nonlinear effects of variations
in these test parameters will be illustrated.

An example of a case in which linear theory is eppliceble is shown
in figure 2. The delta wing hes an aspect ratio of L, corresponding to
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a sweepback angle of 45°, The wing section 1s 5-percent thick and has a
trailing edge of 50-percent bluntness. The Mach number is 1.45 and the

Reynolds number, based on the wing mean aerodynamic chord, is 2.1 X 106.
At 3° angle of attack it 15 seen that agreement between theory and
experiment is good. It is best at the inboard stations, toward the
leading edge, and deteriorates somewhat toward the tralling edge and at
the outboard stations. Curiously, even at 20° angle of attack where
linear theory is not expected to be spplicable, the agreement is stlll
good. at the inboard stations. At the TS5-percent-~semispan station the
effects of separatlion and shock waves on the wing are large and are not
accounted for theoretically. The predicted .tip loads are higher than the
experimentsl values so that wing bending moments, predicted on the basis
of linear theory, would be conservative,

As the wing aspect ratio is reduced, or the leading-edge sweep
increased, viscosity end separation affect a larger part of the wing.
These results are exemplified (fig. 3) by a delta wing having & very low
aspect ratlio. The wing semiaspex angle is 5°, corresponding to an aspect
ratio of about 1/3. The wing section is & l-percent-thick wedge with a
tralling edge of 100-percent bluntness., The Mach number is 1.9 and the
Reynolds number, based on the mean serodynamic chord, is about 1 X 107.
In figure 3, upper- and lower-surface lifting pressures are presented
for the local semispan at the T8~percent-root-chord stetion. In addition
to the experimental data at 3° and 6° angle of attack, linear theory is
shown, and also a vortex theory (ref. 4) developed by Brown and Michael.
The vortex-theory curve perteins to 3° angle of gttack. The theory was
developed by using a vortex model as shown, except that, for simplicity
in the calculations, the spiral sheet was replaced by a concentrsted
vortex and a flat feeding sheet of vorticlty. On the upper surface, at
30 angle of attack, the experimental data exhibit a region of increased
suction, compared to linear theory, at about 75 percent of the semispan.
The increased suction causes the total wing load, as predicted by linesr
theory, to be too low, or unconservative. At 6° angle of attack the
suction pesk moves inboasrd. The vortex theory also shows a suction pesk
at 3° but the magnitude and position are not properly estimated. The
theory does predict inboard movement of the suction peask wlth increased
angle of attack, Thus, qualitatively but not quentitatively, the esti-
nmated effects are in agreement with the experimental results for this
wing which has a very low aspect ratio. For qQuantitative predilction, 1t
appears that the simple vortex model must be modified.

As the Mach number and aspect ratlo are increased the importent non-
linear effects are no longer caused by viscosity and separation. Instead,
there are nonlinearities from compression and expansion. An example of
these effects is shown in figure k. The Mach number is increased to 3.%6
and ‘the aspect ratio to 4. The wing 1s the same as that for which data
were presented in figure 2 for a Mach number of 1.45., The section is
S5-percent thick and has a tralling edge of 50-percent bluntness. The
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Reynolds number is 2.1 X 106. The lifting-pressure cosfficlents are
plotted along the chord for the various spanwise stations, The linear
theory indicates uniform loading for that part of the wing forward of
the Mach wave from the spex, with decreased loading behind the Mach wave.
Comparison of the experimentsl data and linear theory shows large system-
atic differences, even at 3° angle of attack. The predicted loading i1s
too low at the leading edge and too high at the trailing edge, so that
the wing torsional loads would not be estimated properly.

For that part of the wing forward of the infliuence of the apex, a
nonlinear solution can be obtained by extension of the shock-expansion
method to three dimensions. This has been done by Vincenti and Fisher
at the Ames Aeronsutical Laborstory (ref. 5). In figure 5 » Theoretical
curves obtained by this method for the wing at 0° and 3° angle of attack
are shown. Linear theory, and the experimental data for that part of the
wing forward of the influence of the gpex, are also shown. The surface-
pressure coefficients (due to wing thickness) at 0° and the lifting pres-
sures at 3° are presented as functions of percentage distance along the
local chord. The experimental data from the various spanwise stations
have, at given chordwise positions, epproximstely the same value of
surface~pressure and lifting-pressure coefficients. This means that the
flow is essentially conlcal with respect to the tip; that is, the pres-
sureg are constant along rays from this point. This is to be expected,
as the wing is a cone with respect to the tip; the geometry can be
described by directions from this point since there is no characteristic
length in the problem. For the pressures due to wing thickness at 0°
angle of attack the differences between the linear theory and the three-
dimensionsl shock-expansion theory are not large and there 1s good
agreement with experiment. For the 1lifting pressures at 3° angle of
attack, however, 1t is seen that the variation of 1lifting pressure along
the chord is estimated more accurately by the three-dimensional shock-
expansion theory. This theory is applicable to shock detachment, which
occurs at ebout 15° angle of attack for this wing and Mach number. The
differences between pressures given by three-dimensionsl shock-expansion
theory and those predicted by the more familisr two-dimensional theory,
for streamwise sections, are small for the present case. For example,
at 10° angle of attack, the largest differences (10 percent to 15 percen'b)
occur on the lower surface., On the upper surface the differences between
the two theories are negligible at this Mach mumber of 3.36. For lower
Mach numbers or more highly swept wings, the differences are larger. The
differences are decressed as the Mach number normsl to the leading edge
1s increased.

The nonlinearity in load distribution between the upper and lower
surfaces of the wing at a Mach mmber of 3%.36 and at high angles of
attack is illustrated in figure 6. The wing is at 20° angle of attack
where the bow wave is detached from the leading edge of the wing. At
this angle of attack, the upper-surface pressure coefficlents are
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approaching a vecuum. The variation in lower-surface pressures along
the chord resembles that glven by two-dimensional shock-expansion theory,
for streamwise sectlons, or Newtonian theory; but, as would be expected,
the magnitudes are not given properly. As the angle of attack is
increased beyond 20°, the upper-surface pressures approach a vacuum

more closely. At 45° angle of attack, a 90-percent vacuum was reached.

Wing-Body Coambinatlions

For the wing-body combinstions, there are additional nonlinear
effects resulting from interference, These nonlinearities are evaluated
by comparison of high-sngle experimental dats with low-angle data or
with existing slender-body or linear theories (ref. 6). For exemple,
the result of body interference on wing-load distribution at angles of
attack is shown in figure 7. The wing is the same aspect-ratio-i wing
studied previously. The ratioc of body radius to wing semlspan is 0.2
and the Mach number is %.36. The nondimensional span loading, as a
functlon of the percentage distance slong the wing semispan, is given
for 6° and 20° angle of attack. The normsl-force coefficients, from
the integrated span loadings, are shown for the angle~of-attack range.
At 6° angle of attack, the loading for the wing in the presence of the
body. is increased by the body upwash over that for the wing alone, It
would be unconservetive t0 egtlmate the losds on the wing of the combi-~
ngtion by using wing-slone dats and ignoring the interference. The _
integrated increase in lcading on the wing, as shown by the normal-force
coefficient, is given accurately at 6° by the theory. At 20° angle of
attack, however, the loading of the wing in the presence of the body is
only slightly increased over that of the wing alone, This is also the
case for the normal-force coefficient above aboub 100 angle of attack,
The estimated wing bending moments would be conservative if the slender-
body interference factor were used at high angles of attack.

The results of the Interference of the body on wing-load distribution
at angles of incidence - that is, incidence relative to the body - are
illustrated in figure 8, Nondimensional span loading with the wing at 6°
and 20° incidence and the body at 0° angle of attack is shown and the
normal-force coefficients for the incidence angles from 0° to 4OO are
also presented. The span loadings for the wing alone sre not greatly
different from those of the wing iIn the presence of the body. The inter-~
ference (the difference between the span loading for the wing alone and
that for the wing of the combinstion) is less at 6° incidence than at 6°
angle of attack., This is especlally so for the span loading on the out-
board part of the wing., Near the root, at 6° and 20° incidence angles,
the loading on the wing of the combination is reduced from that of the
wing alone because the body is not a perfect reflectlon plane, due to
its curveture., The normal force on the wing of the combingtion is

oA T
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predicted with good asccuracy throughout the incidence range fram 0°
to 40O° by applying a small interference factor from slender-body theory
(ref. 6) to the experimental wing-slone resulis.

The effect of the presence of the wing on body loading at angles
of attack 1s shown in figure 9. The locel body loading slong the body
length at 6° and 20° angle of attack and the normal-force coefficients
as g function of angle of attack are presented, At both angles of attack
the loading on the afterbody of the body alone is given with falr accu-
racy by the viscous-crossflow method (see, for example, ref. T). At 6°
angle of attack the loading carried over from the wing is increased in
the region near the wing and decreases toward the base of the body.
At 20° angle of attack the presence of the wing is felt forward of the
wing through the boundary lasyer on the body. In this forward region
the loading starts to increase slightly. Near the wing the loading is
increased rapidly. Behind the wing, the interference loeding over the
efterbody does not decrease toward the body base. This is a different
result than at 6° angle o attack, or at high angles of attack at lower
supersonic Mach numbers (see,'for example, ref. 8). The integrated
increase in normal force on the body, due to the wing, is predicted with
good accuracy at high angles of attack even though the bending moments
on the rear of the body, predicted by extrspolating from low-angle pres-
sure dats, would be unconservative.

The lnterference load distribution on the body with the wing at
angles of incldence is illustrated in figure 10. The body is at 0° angle
of attack so that the loading on the body alone is zero. The local
loading along the body length for the body in the presence of the wing
at 6° and 20° incidence angles and the normal-force coefficients of the
body as a function of incidence angles fram 0° to 40° are presented. At
6° incidence the losding on the body increases in the region of the wing
and decresses toward the base in much the same msnner as the loading at
an angle of attack., At 20© incidence, however, the positive pressures
from the lower surface of the wing are felt on the top of the body near
the raised, or unported, wing leading edge. The result is a downward,
or negative, loading on the body. Further downstream, the body loading
becames positive, decreasing toward the base of the body. The bending
moments on the body at high angles of wing incidence could not be pre-~
dicted by extrapolating low-asngle data.

The effect on the agreement between theory and experiment of the
negative loading is also shown for normal-force coefficients. At low
incidence angles, the predicted normal force is In good agreement with
experiment. Above sbout 10° the predicted total loads for the body are
far gbove experiment. For wings of rectangular plan form having larger
chords relative to the body than the present wing, the negative and
positive body loadings were equal st large incidence angles so that the
resultant was a couple: 2zero normal force and large local bending moments.

ol IoTTRT R
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CONCLUDING REMARKS

Comparisons of the predicted and experimentsl loadings on wings and
wing-body combinations have been presented, from which the following sum-
marizing remarks can be made:

1., On very highly swept delta wings et moderate supersonic Mach
numbers, viscosity and separation must be considered, even at low angles
of atback, for accurate prediction of load distribution. For wings with
less sweepback, but at higher Mach numbers, nonlinear effects of cam-
pression and expansion must be considered at all angles of attack.

2. For the wing-body combinstlons, there:were additional nonlinear
effects resulting from interference., At large angles of attack the
effective body upwash was reduced so that the wing performed essentiglly
as a wing elone., At large angles of wing incldence, unporting of the
wing created a body loading which was highly nonlinear,
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COMPARISON OF THEORY AND EXPERIMENT
FOR PRESSURES

DELTA WING: A=0.35, 1% THICK, 100% BLUNT, M=1.9
[VORTEX THEORY (3°)

Pt -
R 1]
S 4 §
9- -3 d l"
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a — -2 7
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o e o B+ J-LINEAR THEORY

Figure 3

COMPARISON OF LINEAR THEORY AND EXPERIMENT
ON WING-LOAD DISTRIBUTION
DELTA WING: A=4, @=3° 5% THICK, 50% BLUNT, M=3.36
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WING PRESSURES FORWARD OF INFLUENGCE OF APEX
DELTA WING: A=4, 5% THICK, 50% BLUNT, M=3.36
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Figure 5 _ -

HIGH~ANGLE LOAD DISTRIBUTION

DELTA WING: A=4, @=20°% 5% THICK, 50% BLUNT, M=3.36

O UPPER SURFACE
O LOWER SURFACE
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INTERFERENCE ON WING-LOAD DISTRIBUTION
AT ANGLES OF ATTACK
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INTERFERENGE ON WING-LOAD DISTRIBUTION
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INTERFERENGE ON BODY-LOAD DISTRIBUTION
AT ANGLES OF ATTACK
M=3.36
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Figure 9

INTERFERENCE ON BODY—-LOAD DISTRIBUTION
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Figure 10
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